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ABSTRACT

A combined numerical and experimental study is carried out for the postbuckling
behavior of a stiffened composite panel. The panel is rectangular and is subjected to static
in-plane compression on two opposite edges to the collapse level. Nonlinear - large deflection -
plate theory is employed, together with an experimentally based failure criterion. It is found that

the stiffened composite panel can exhibit significant postbuckling strength.

INTRODUCTION

An understanding of the behavior of composite structures is important since these
structures are increasingly finding wide use in many Engineering fields. An area of special
interest is the investigation of the failure mechanisms in multilayered composite panels subjected
to in-plane compression. The available data in the literature indicate that composites may have
considerable postbuckling strength, depending on ply thicknesses and orientation [1-3].
Ignorance of their response and failure mechanisms results in an excessively conservative
design, which does not fully exploit all of the possible structural advantages.

The problem of the postbuckling behavior has been extensively studied for metal
structures, but some new phenomena may arise for layered composite structures. For example,
one of the most frequently observed failure in stiffened composites is debonding and separation
of stiffeners as the structure is loaded into the postbuckling regime. This failure is caused by the
step change in thickness induced by the attachment of the stiffeners to the panel. When the panel
buckles, some joints may fail, which leads to separation of a stiffener from the panel. This
separation results in loss of the postbuckling load carrying ability and hence lowers the ultimate
strength of the structure.

In order to be able to construct safe and efficiently stiffened panels from composite
materials, it is necessary to first understand the mechanics of the stiffener/panel separation
process. This understanding requires examination of the postbuckling behavior of the panels,

which involves large out-of-plane displacements relative to the panel thickness. This situation in



turn implies that the governing equations are nonlinear, which makes it virtually impossible to
obtain closed form solutions. As a result, the most commonly employed analytical studies on the
subject are limited to finite element or other energy type methods {1-8]. In some of these
approaches [5-7] documented to date, the composite plate is assumed to be isotropic or
orthotropic and the emphasis is placed in the panel deflections or stresses under idealized
boundary conditions. The finite element analysis performed in reference [3] assumes the plate to
be anisotropic but idealized boundary conditions. This approach does not allow interaction
between the panel and the stiffener. Finally, a more sophisticated analysis is presented in [1], in
which the panel is modeled as a plate while parts of the stiffener are modeled as beams and parts
as plates. This modeling is more accurate in that when the stiffener is modeled as a beam,
distortion is not considered, which may thus result in considerable inaccuracies, depending on

the properties of the stiffener and the panel.

OBJECTIVE AND METHODOLOGY

As is clear from the foregoing discussion, the existing models for the behavior
of stiffened composite panels are still in the development stage. By using the assumptions of
plate theory, these analysis predict the resultant forces and moments, while the displacement and
stress fields are expected to be valid sufficiently far away from the joints. On the other hand,
failure of the structure is most likely to occur along the lines where the thickness changes
abruptly. For example, a sharp discontinuity will lead to a singular stress field at a reentrant
comer. The determination of this stress field will depend heavily on the degree of idealization
by the model [9,10]. The analysis becomes even more complicated if one attempts to account
for interlaminar stresses at free edges [11-13].

In an effort to overcome the complexities associated with the conversion of resultant
forces and moments to the three-dimensional stress field near the step in thickness, a simplified
approach is adopted here. In the absence of a suitable failure criterion for the delamination of
stiffened composite panels, the prediction of their ultimate strength is unavoidably dependent on

experimental data. For a given panel stiffener construction and configuration, the relation
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between the macro stresses (resultant forces and moments) and the micro stresses near the
thickness discontinuity will be the same. Therefore, the failure condition for a fixed
panel/stiffener intersection may be characterized in terms of resultant forces [14].

The objective is to first establish a failure envelope of the resultant forces, by performing
experiments with the panel. Having this envelope, one will then have to determine analytically
the levels of the applied loads which result in a critical combination of the resultant forces near
the joints. Of course, such an envelope will depend on the properties, combination and
orientation of the constituent laminae, as well as the configuration of the joints. However, this
envelope will be the same for various stiffener spacings, provided that this spacing is long

enough for the natural diffusion of the resultant forces to micro stresses to occur.

EXPERIMENT

Test Specimen

Determination of the failure envelope can be achieved by testing only a part of the whole
panel. The specimen tested in this investigation was supplied by staff at NASA Langley and its
dimensions are shown in Figure 1. The panel was constructed from 16 layers with orientation
[+45/90/0],s. Each lamina has a thickness of about 0.14 mm and behaves as an orthotropic
material with the following properties

E{=13.1*1010 Pa, E; = 1.3*1010 Pa

G2 =0.64*1010 Pa, v2=0.38
The stiffener was constructed from 8 additional layers of the same material, with orientation
[+45]4s. As shown in Figure 1, the stiffener occupies the area (ACHJ).

During testing, the edges AE and FJ were clamped on an aluminum frame, while the
support provided along BI and DC simulated simply-supported conditions. The panel was

loaded by applying compression on the edges AE and FJ, as explained next.



Test Setup

A 300 KIb - capacity hydraulic testing machine was used to apply the compressive
loading on the specimen. The specimen was placed between the flat plates in the testing
machine and adjusted for vertical alignment. Loading was applied in a displacement controlled
fashion. In-plane and out-of-plane displacements at selected locations were monitored during
the course of the experiment. Dial gauges resolving 10-4 inches and LVDT’s were used for
measuring these displacements. A load cell mounted in series with the specimen between the
flat plates in the loading machine measured the load applied. The load displacement response

was recorded until the specimen failed in the post-buckled region.

ANALYSIS

A finite element model was developed for the pre- and postbuckling calculations of the
test specimen described in the previous section. The MSC/NASTRAN computer code was
employed by utilizing the mesh shown in Figure 2. Both the unstiffened and the stiffened parts
of the composite were modeled using plate elements. Each of the 210 rectangles in Figure 2
represents a 4-node quadrilateral anisotropic plate element (CQUAD4). Each node of these
elements has five degrees-of-freedom, including the three displacements (u,v,w) and two
rotations (9w/ox and dw/dy). Both membrane and bending effects are thus considered, with the
transverse shear being neglected. The 8-node elements would have been more appropriate for
this type of problem, but they are not available in NASTRAN for calculations involving
geometrical nonlinearity [15].

The stiffness matrix for each element is computed by the code, taking into account the
orientation and the material properties of each individual lamina and using the assumptions of
classical laminate plate theory. The boundary conditions were chosen to simulate as closely as
possible the experimental conditions and they were as follows:

On AE: u=v=w=93w/ox=ow/oy=0

On FJ: u=9w/dx =9w/oy =0, N, =-N=constant

| OnBIDG: w=23w/3y=0.



With these boundary conditions, the total number of degrees-of-freedom for the mesh
considered is 1020. In the calculations, the uniform compressive force applied on FJ was
increased gradually and with relatively large increments before buckling. An estimate for the
buckling load was obtained before the finite element analysis was run, by using the average
material properties of the composite and assuming isotropic constitutive behavior. After
buckling, the compressive load was increased in increments of about 5% of the buckling load.
The analysis was carried out until the compressive load reached the failure value, as determined

by the experiment.

RESULTS

Figure 3a depicts contours of constant out-of-plane displacement w, obtained by the
finite element analysis for the experimentally determined critical in-plane load. Clearly, the part
of the panel between the supports buckles in a half-wave pattern in both directions, which is in
agreement with the observed displacement pattern during the experiment. The maximum out-of-
plane displacement occurs near the center of the structure and is computed to be 4.54 mm, which
is about two times the thickness of the panel. To examine the spatial convergence of the
developed finite element mesh, other meshes were also used. Figure 3b, represents the
displacement pattern which was obtained for the same structure and boundary conditions but
from a coarser mesh (120 elements, 575 dof).

Figure 4a shows the pattern of the in-plane deformation of the structure, computed at the
critical in-plane load. To make the pattern look clearer, the displacements in that graph are
multiplied by a factor of 50. Similar results are shown in Figure 4b. These results were obtained
from the coarse mesh discussed above. The in-plane displacements are smaller in the middle of
the panel due to the large out-of-plane displacement in that area.

The relation between the total compressive end load and the corresponding average end-
shortening is shown in Figure 5. The continuous line represents numerical results obtained by
the finer finite element model, while the broken line corresponds to results from the coarse mesh.

The stars represent experimental results in which the end-shortening is measured by a dial-



gauge, while the dots are experimental results where the inplane displacement is measured by the
LVDT. Similar meaning is also given to the continuous, and broken lines and the stars on
Figure 6. In this figure the displacement axis represents values of the out-of-plane displacement
measured during the experiment, in the middle point of the panel. From both of these two
graphs, it is observed that the numerically obtained curves show the same qualitative behavior as
the experimental curves. This behavior is typical for the postbuckling behavior of plates and was
also observed in previous work on the subject [1,2,5,7]. Also, both the experimental and the
analytical results indicate that the panel exhibits substantial postbuckling strength. According to
the experimental results appearing in Figures 5 and 6, the failure load is estimated to be about
three times the buckling load of the structure.

Comparing the numerical with the experimental results, a considerable difference is
observed. Some of that difference is expected and is probably due to the following reasons.
First, the panel is modeled without taking into account geometrical imperfections. Also, the
analytical boundary conditions do not match exactly the experimental support conditions,
especially along the simply-supported edges and at the edge were the load is applied. From
Figure 4 one can see clearly that by applying uniform forces along the edge, the in-plane
displacement v of the loaded end is not uniform. Another factor that can affect the results is the
accuracy of the values of the material properties, dimensions and orientations of the laminae.

For example, the measured thickness of the panel was found to be about 10% less than the value
obtained by multiplying the number of laminae of the composite times the thickness of each
lamina. Finally, some of the numerical problems encountered by using the finite element code
are discussed next.

By comparing the continuous with the broken lines of Figures 5 and 6, it is seen that the
spatial convergence of the finite element mode is acceptable as far as the end-shortening and the
out-of-plane displacement at the middle of the panel is concemed. Similar conclusions can be
drawn by comparing Figures 3a and 4a with Figures 3b and 4b respectively. However, this is not

the case when the contours of the resultant moments and forces are examined. Figure 7a depicts



contours of constant resultant shear force Q, obtained by the fine mesh at the critical load, while
Figure 7b shows similar results obtained from the coarse mesh. Clearly, the convergence of this
resultant load (which involves third derivatives of the out-of-plane displacement with respect to
the spatial coordinates) is not satisfactory. A similar behavior was observed for the other
resultant forces and moments. This indicates the need for more study on the subject. Finer
meshes should be tried and at least another finite element code should be employed for the same
problem and the obtained results should be compared with the present ones before any
confidence in the numerical results is established. It is of great importance to investigate if and
how the spatial convergence of the solution is affected by the presence of the step in thickness,
induced by the stiffener [16]. Another area which needs further study is how the sudden stiffness
reduction occurring at buckling, effects the convergence of the numerical solution. Clearly, the
convergence of the resultant forces and moments is of vital importance since these loads are
required in developing the proposed failure envelope for the structure.

Finally, for the composite panel tested, the resulting failure was due to delamination near
the points G and I rather than the expected panel/stiffener separation. During the test, the panel
deformed in such a way that the area near the step in thickness was under compression, rather
than tension. As can be deduced from Figure 6, the maximum out-of-plane displacement for
compressive loads near the failure level was about three times the thickness of the panel. This
fact allowed the deformation pattern of the panel to be readily observable in the postbuckling

regime.

SUMMARY AND CONCLUSIONS

A finite element model was developed for the postbuckling behavior of a stiffened
graphite/epoxy rectangular plate loaded by in-plane compression. Both the unstiffened and the
stiffened parts of the structure were modeled as anisotropic plates and the NASTRAN computer
code was used for the numerical calculations. Experimental data for the same structure were
also obtained and compared with the numerical results. The discrepancy between the numerical

and the experimental results needs to be investigated further. Effects due to the change in
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thickness induced by the stiffener and the great reduction of stiffness at buckling on the
convergence of the numerical solution have yet to be examined. Resultant forces and moments
need to be computed accurately if a failure envelope is to be established for a composite
structure. Finally, both the numerical and the experimental results show that the stiffened panel
can exhibit a significant postbuckling strength. From the experimental data, the failure load was
about three times higher than the buckling load, indicating how much the design of such

structures can be improved, once their behavior is reasonably predictable.
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